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THE DYNAMICS OF SOUNDING ROCKETS

AT BURNOUT -

CHAPTER 1

INTRODUCTION

"Sounding rockets' are rocket missile systems that are

designed for the cxpress purpose of carrying scientific instruments
through or above the sensible atmosphere. Until about 1955,
sounding rockets were gencrally staged together using surplus
military rockets, some ballistic and airplane technology and lots
of faith. = For this reason, many sounding rockets have been launch=
ed (some successfully and some disastrously) that could hardly
qualify as having been designed. The need for reliable sounding
rockets .was greatly increased by the advent of the Space Age. (If
man was to explore space, he must know more about the environ-
ment that lies between him and space. ) Héwever, this need came
at a time when support such as wind tunnel facilities, computer
sciences and computational methods were inadequate. The sound-
ing rocket developers at that time borrowed some direction from

several engincering fields, mixcd nomenclature at will, and used
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lots of cut-and~iry methods to develop a very strong ""rule-of-thumb"
technology. This technology is still an ever-present element in
nearly all sounding rocket discussions. Iu its defense, it must be
noted that it works beautifully for systems that can be considered
rigid bodies.

The nuclear atmospheric testing of the 1950's and the early
1960's uncovered many deficiencies in almost every field of scien-
tific endeavor. The need for better performing, more reliable
and less expensive sounding rockets was more apparent. Further
impetus was added when our scientists learned that there was no
suitable rocket system available for obtaining solar background
data during the IQSY (International Quiet Sun Year). Several
government agencies, private companies and a few foreign countries
attempted to develop systems that would meet one or all of these
requirements. As a result of this effort, several satisfactory
sounding rocket systems have been developed. The new systems
'1'ate high in performance and reliability and are relatively low in
cost. They are at least an order of magnitude more sophisticated
than their predecessors and for that reason, they are at times

called '"high-altitude diagnostic rocket systems".



CHAPTER 11

THE GENERAL PROBLEM AREAS

2.1 General

The development of the new systems brought with it many
new and interesting, but difficult problems. In the older rocket
systems, the motors usually had a mass fraction of less than 50%.
In the newer systems, the mass fraction may exceed 80%. This
was an obvious way to improve the systems' performance but it
was this approach that uncovered the need for a '"new' technology.
The new rocket motors had good structural integrity but they did
not satisfy the "rigid body'" assumption. Now the '"rule-of-thumb"
approach was simply inadequate for most cases. The higher per~
formance caused many new problems, a few of which were:

l. Extremely high aerodynamic heating rates.

2. Badly misbehaved laminar/turbulent boundary layer
transition points.

3. Antenna shadowing and heating problems.

4. Nonlinear aerodynamics such as nonlinear magnus moments

and lee-side vortices.



5. Severe acceleration and vibration environment.
These problems are mentioned ounly in passing since it is ‘the pur-
pose of this dissertation to address itself to thé motion of a flex-
ible missile during and shortly after burnout.

In the past few years, there has been a great deal of work
done on the effects of the elastic nature of sounding rocket systems.
The elastic structure and the aerodynamic excitation forces may
interact to produce a nonoscillatory divergc;,nce or several types
of oscillatory problems. A brief discussion of some of these
problems and the work being done toward their solution seems

appropriate at this point,

2.2 Aeroeclastic Divergence

Most of the work on aeroelastic effects for rockets has been
devoted to aeroelastic divergence. This aeroelastic phenomenon
usually results in catastrophic structural failure and nothing in
the rocket business gets more attention than a system coming
apart at Mach 8.

Under high aerodynamic load, the elastic structure will
deflect in accordance with its elastic constraints, This deflection
may then introduce greater aerodynamic loads which, in turn,
cause even greater deflections, and so on. In a successful rocket
flight, an equilibrium is reached between the acrodynamic and

elastic forces. If an equilibrium is not established, the structure



will fail and divergence is said to have taken place. This
phenomenon may be treated as a static acroelastic problem where-

—in time does not appear as an independent variable. Most in-
vestigators of this type of problem use a computer iteration
procedure similar to that used by Thomson (Ref. 1).

The problem of a dynamic aeroelastic instability or flutter
is not a problem that is commonly encountered in sounding rocket
design; however, it is a problem that is common to aircraft and
to larger missiles. It is characterized by the interplay of aecro=-
dynamic, elastic and inertia forces. This interplay at velocities
above a '"critical flutter speed' will result in an oscillation that is
seif-sustained; i.e., no external oscillator or forcing mechanism
is required. With further increase in velocity, the amplitude of
osgillatlon increases. At velocities well above the critical, a
small accidental disturbance of an airfoil can trigger an oscillation
of great viclence aud may destroy the airfoil., A great deal has
been written about the flutter phenomenon and IFung has an cxcell-
ent treatment of flutter in his aeroclasticity book (Ref.18).

Another phenomenon that closely resembles aeroelastic
divergence arises because the structural deflection alters the acro=-
dynamnic characteristics of the system in such a manner as to
adversely affect the static stability of the system, i.e., the center

of pressure may be too near the center of gravity. A perturbation



of the system may then cause catastrophic structural failure. This
phenomenon has not received the attention that has been given aero-

elastic divergence, but Reis and Sundberg (Ref. 2) demonstrated the

phenomenon adequately.

2.3 Oscillatory Problems

Modern sounding roc.:kets are generally very long, slender;
flexible structures. Even a system that has been very carefully
designed to avoid such problems as aeroelastic divergence and roll-
yaw resonance may still have serious oscillatory problems. This
is a relatively new idea since it was first noted in 1963 and report-
ed during the development of the Nitehawk 9 (Ref. 3). The typical
motion of a rocket in an e::c.tra-atmospheric coning motion is dis=-
cussed in detail in Chapter VI. Stone (Ref. 4 and 5) showed mathe-
matically the possibility of a highly nonlinear magnus moment as
the culprit in the extra-atmospheri¢ coning motion. Reis and
Sundberg (Ref. 2) showed that the same coning motion may be
caused by bent motor structures.

Acroelastic alteration of aerodynamic properti'es, lee~side
vortices, warped fins and many more causes have been postulated
as causes of some strange oscillatory motions. These problems
~are presently being investigated by many agencies and from several

different viewpoints.



CHAPTER III
A LOOK AT THE PRESENT STATE-OF~-THE~ART
The design appreoach for a sounding rocket system includes:

1. Ballistic analysis in which flight path, apogee, range and
dispersion data are determined.

2. Static stability analysis where the relationship of the cg to
the cp is determined.

3. Rigid-body dynamic stability analysis where aerodynamic
pitching frequency and roll rate relationships are deter=-
mined.

4, Aeroeclastic divergence analysis where structural integrity
is assured,

The oscillatory prokblems are generally being attacked in one of the

following ways.

3.1 Structural Coupling Approach

There are several root locus methods for quantitatively
determining the effects of changes in aeroclastic and aecrodynamic
characteristics on missile stability., Prince (Ref. 6) has a good

example of this approach. It assumes that thé aerodynamic and



aeroclastic characteristics of the system are well established and
are well=behaved. The differential equations used in this type

of study couple second-~order equations for each clastic degree of
freedom to the so-called "rigid=~body'" equations of motion. The
elastic degrees of freedom are usually the normal modes of vi=-
bration of the structure. The stability of the system is determined

by an analysis of the roots of the characteristic equations.

3.2 Influence Coefficient Matrix Approach

Some investigators use the influence coefficient method to
solve the oscillatory type of problems. This is a highly special=-
ized field that developed from the aircraft flutter field. The

basic matrix equation is

2
= w atman .. . .. .

where:

1. (Kij) is the structural influence ccefficient and is generally
an experimentally determined matrix.

2, 9, is the modal shape.

3. (Aij) is the oscillatory aerodynamic influence coefficiént
matrix.

4, wis the angular frequency of the assumed motion.

5. The inertia matrix of the structure is (mij)'

6. The term (ig) accounts for the structural damping.

Abraham (Recf. 7) gave a clear sxplanation of this phenomenon.



3,3 Critical Load Approach

Several investigators have studied thc stability of a flexible
missile by idealizing the structure as a uniform becam under an end
thrust. Assuming simple beam theory allows the use of the follow=-

ing equations:

32u/0x% = (m/AE) (8%u/ c')tz) (2)
K 2
AV [ <a Y)] 3y

EI + I lp(ZL) | 4 2L - p=0 3
2] ax Flox g2 TP (3)

where m is mass per unit length, y is the lateral coordinate, u is
the deflection, A the cross sectional area, EI the bending stiffness,
P(x, t) the longtitudinal force, and p(x, t) represents the lateral
load other than inertia loading., TProper boundary conditions are
established .and generally , nonuniform mass and stiffness, struct-
ural damping, transient response, acrodynamic forces, and shear
and rotary inertia are all neglected. A suitable approximation
method, e.g., like the Galerkin procedure, is used to change the
equation into a set of ordinary differential equations. Specific
cases are then studied on the computer to determine the critical
load for the beam. Beal (Ref. 8) gave a good example of this type

of analysis.



CHAPTER IV
DEVELOPMENT OF THE METHOD

4.1 Discussion of Analytical Philosophy

Nearly all investigations of the dynamic characteristics of
elastic vehicles can be neatly categorized into three distinct groups:
l.  The theoretical approach where a great deal of rigorous
mathematics leads to conclusions only for simplified cases.
This type of investigation breaks new ground, asks new
guestions and certainly challenges the technology to move
forward. However, this type may not be applicable to the
present problems or the mathematics involved may be so
difficult that, in a practical sense, only simple examples
can be solved. Meirovitch and Wesley (Ref. 9) presented
an outstanding mathematical analysis which was used to
sol\4/e only two simplified flight problems. Stone (Ref. 4)
challenges the rocket engineers to include magnus moments
in their analyses. However, at this stage of rocket devel-
opment, no one has measured quantitatively how much an

actual magnus moment alters the flight characteristics' of

10
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any of the present rocket systems,

2. The similitude approach which uses scale models and wind
tunnels to determine static and dynamic characteristics of
the model being tested. The model is tested to the full -
range of the tunncl and then scaling factors are used to con-
vert these data into meaningful parameters for an actual
flight system. The fact that this type of analysis has be=-
come very sophisticated is clearly shown in the report by
Hanson and Doggett (Ref, 10).

3. The flight data approach where the analyst uses flight data
to calculate the effective values of param‘et‘ers entering into
the aerodynamic equations. The effective values are com=-
pared to theoretical values ané the cffect of elasticity of the
body is estimated. This method has not been developed to
a high degree of sophistication but Reis and Sundberg (Ref. 2)
advanced the method somewhat.

There are some obvious and some not so obvious disadvantages to
ecach of these approaches. However, all share a common disadvan=
tage; i.e., each formulates the problem in .the mathematical and
manipulation manner most suited to a particular type of analysis.

This causes the field to advance in threce different areas but it also
leads to a breakdown in communications between the fields. Further-~

more, it leaves the development engineer without the necessary
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tools to advance the development of actual flight system.

The purpose of this dissertation is to develop a fourth
approach that might be called the integrated approach. The
scheme would be to develop a set of differential equations that
describe the motion of the elastic vehicle in such a manner that
almost any part of the motion can be determined separately and
combined along with other motions into the equations. There are
probably several forms that would allow such a combination but
the equations derived in Appendix A and used in this dissertation
are similar in form to the equations derived by Young (Ref. 1l)
for the planar case. The advantages of this system are:

l. It allows the use of equations of motion that have good
theoretical foundations and use a minimum of simplifying
assumptions.

2. The inputs into the equations can be determined from
established procedures.

3. New information can be included easily.

4, The equations are in a form that is generally recognized.
For example, the angular motion equations are the Euler
equations and the elastic coupling is included in the applied

moments.,
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4.Z2z The Basic Assumptions

In the formulation of the problem, simplifying assumptions
must be held to a minimum. However, it ge;lerally is nccessary to
make some assumptions which not only simplify but serve to define
the problem. In this dissertation the following assumptions are made:

l. The mass is a function of x only.

2. The lateral bending is governed by linear theory of

Timoshenko beams.

3. The torsional rigidity is assumed to be infinite.

4. The deflections of the beam relative to the moving axes

are represented by normal mode oscillations.

5. Structural damping is neglected.

4.3 The Coordinate System

Figure 1 shows the general coordinate system. The velocity
of the center of mass is denoted by Vo and it is directed along
the tangent to the 'traject.ory of the center of mass. The missile
configuration is described relative to a set of moving axes (%, v,
and z) which has its origin fixed at the center of mas.s. Itis a
righthanded orthogonal system that is fixed in the missile body and
coincides with the undeflected missile principal axes. The x-axis
is directed along the longitudinal axis of symmetry of the unde-
flected missile. Longitudinal deformations along the x axis are

denoted by u,, along the y axis by u, and along the z axis by us.

1
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/ // trajectory "

/ U/_,-—mass center

/ missile
Y /
ATH W,
-Usr
Figure I The Coordinate System



15

The inclination of the x axis from the vertical is denoted by 3

and the inclination of the irajectory tangent is¥. Rotation about
the x axis is denoted by 8, (roll), about the y axis by 0, (pitch)

and about the z axis by 85 (yaw). The coordinate system is orient-

ed so that the x axis is in the trajectory plane.

4.4 The Differential Equations of Motion

The differential equations are shown in this section with a
brief explanation for each set of equations. A complete derivation
is shown in Appendix A. The displacement equations are written

as follows:

wlot)= 30, 9,0

o0
u (x,t)=2> T + q(t) (4)
2 j=1 J J

=S < g (t
\13(){, )_kZ[ Gk qk )

where ¢i’ T, 0'k are the eigenfunctions of a free~free beam and

are the corresponding generalized coordinates. Now

9;> qj and 9y

considering the corresponding angles of rotation of a missile ele=~

ment, the element rotation equations are

00}
Wet) = ¥ h a0

j (5)
Alx, t) = j; ’\j(X) : qj(t)
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There is no equation for an element rotating about the x axis
because of the assumption that the missile is rigid in that plane,
The accelerations of the center of mass can be. written by referr-
ing to Figure 1. It should be noted that the total-angul.ar rotation
of a point on the missile axis is not simply 8, about the y axis
and 63 about the z axis. Making a small angle assumption, the

rotation in the pitch plane (xz plane) is 62 + au3/ax and the rotation

in the yaw plane (xy plane)is 0, + auz/ax. Therefore, the total

3
pitch angle is nota= 7 =~ 02 but op =7 = 6, - au3/ax. The total
yvaw angle of attack is 8 = 63 + auz/ax. With this in mind, the

acceleration components of the center of mass can now be written

in terms of the flight-path velocity and coordinates as:

Ax = Vocosa - Vo‘y sin a
Ay= V cosg -V, Bsing (6)
Az = V,sina + VO‘Y cosa

Using Newton's second law and referring to Figure 2, the equations

of motion for the center of mass are:

%

— %
M(X)Ax =T ~Mgcosy +F

X
— %k ! %
D; = + - ) 7
M(*c)Ay Tlugq *F, Iby (7)
— s ! E3
M(x)A =T" + Mg sing -J_ +F
(x) . L. g siny D ,

The accelerations are determined from Figure 3; also see Appendix
A, In the derivation of these equations, T* is the motor thrust

aud the angle of inclination from the vertical, 7, is assumed to be
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P (x,t) - Normal Force in XZ Plane
z

Py(x, t) = Normal Force in XY Plane X

Figure 2 The Force System
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Axis Displ, Unit Vector Rotation
< uy 1 6l
y u, J 92
k 0
2 U3 3
X =
P

- Position vector from inertial a xis to arbitrary point

R ~ Position vector to center.of mass.

X

- y . -
/? - Position vector in'moving, coordinate

Figure 3 The Kinematic System
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small, Therefore, T" in the x cquation is assumed to be directed
along the x axis, u'ZTis the slope of the displacement in the y
direction at the tail of the missile and is, therefore, approximately

equal to the angle of deflection, and u', is the tail slope in the =z

3T

direction, The resultant aerodynamic forces in the x, y, and z

R s

B3 - ~ 5%
directions are Fx , F and F_ . Here F_ is approximately
Z

o

equal to the drag; FY* and F  are approximately equal to the norm=
z
al force in the xy and xz planes; JD and JDz are the jet damping
y

terms in the xy and xz planes. The normal forces are actually
distributed for\ces and may be estimated by several methods.

The equations of rotation were derived usihg .Lagrange's
equation and the assumption that the instantaneous mass moment of

inertia can be approximated by the rigid-body mass moment of

inertia, The equations of rotation are:

(X4

I 6 =M%
xx 1 0
6.+ ( I )86 = (5. =T ) +T%  +M"
- = - u u "
vy 2 xx  zz’ | 3 D, 37 1 3T 62 (8)
I - I ~1..)06 =(J_ -T*. T M
zz 3 (yy— xx) 12 = 'DY- U‘ZT) i uZT 9 3

b3
where Mg is the moment about the center of mass during the
r
angular displacement A0 (r =1,2,3).

The bending equations were also derived using a form of

Lagrange's equation., These equations are:
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For the xz pld.ne

. 2 '
M(qk+w fP \c)d~<+lu(2)
-4

(9)
For the xy plane: Q
2

MG + w %q )= P (x,t)T()dx+Tu ’l'(,t".)
(qu jqj) { vy j 2 5

1

.th
where w. is the circular frequency of the i° mode,
1



CHAPTER V
APPLICATION OF THE INTEGRATED METHOD

5.1 Introduction

The purpose of the example is to demonstrate the use of the
equations and to compare the motions obtained from the solution
of the equations with actual flight data., This example will deter~
mine the motion of a typical second stage of the Nitehawk 9 during
the period from motor burnout to exit from the atmosphere. The
typical second stage and a typical trajectory are described in
"The Nitehawk 9" (Ref. 3).

The equations derived in Appendix A are expressed in a
body-fixed coordinate system. This was done to simplify the
separation of the equations into four major parts: the motion of
the center of mass, the rigid body rotational motion, the structur-
al deflections and the vibrational motion of the elastic system.

It also allowed the equations to be expressed in terms more fam-
iliar to structural engincers. However, this approach puts the
cquations in an inconvenient form that is difficult to use. To solve
this example, the cquations will be transformed to the "acro-

ballistic system!".

21
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The so-called aeroballistic reference system is a system
of axes with its origin fixed at the center of mass of the rocket
and that pitchs and yaws with the body but does not roll with the
body (see Figure 4). The equations of motion are transformed
from the body-fixed system to the aeroballistic system in Appendix
B. Afiter thé transformation, the displacement equations, mass=-
center translational equations, and bending equations are un-
changed from Equations (4), (7) and (9), respectively. However,

the equations of rotation, Equations (8), become

XX r[ - Mrl .
.. . . E 5% #
I + 1 - - T L osT M
vy rz XX rl r3 (JDZ u3T) 1 u3T * 2
10)
R . )k >:< sk (
-1 = - ! + + M .
2z 537 LS (JDy T 1.12,1.,),?,1 T - T

where i rz, r3 are the roll, pitch and yaw angles respectively.

5.2 General Approach

The general approach to this problem is to use the tools that
are normally available to the sour;ding rocket designer to solve‘for
the inputs to an analog computer; the analog computer will take
the flight and structural inputs anci determine the oscillatory motion
of the rocket system. The output of the qomputer will then be com-

pared to actual flight data from Nitchawk 9 flights. The analog
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computer is described in Appendix E.

5.3 System Description

The overall dimensions of the second stage of a Nitehawk 9
are shown in Figure 6. The weight and EI distribution are shown
in Figures 7 and 8. The vehicle is 207 inches long and weighs
255 pounds at burnout. The payload i's 68 inches long and weighs
125 pounds. The vehicle has a pitch (and yaw) moment of inertia
of 335.0 slug/'fi:2 and a roll moment of inertia of 1.96 slug/ftz.
The vehicle center of mass is at station 105. 6 inches. The chart
below shows the thrust vs. time curve for the Tomahawk motor
which propels the Nitehawk 9.

o

Figure 5 From (Ref. 3)

TECHMICAL DATA RELATIVE TO THE
TE-416  (TOMAHAWK) MOTOR

THRUST/PRESSURE VS, TIME
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Figure 6 The Nitechawk 9 from (Ref. 3)
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5.4 Formulation of the Problem

The motion ¢f the center of mass of the vehicle is simply
a point-.mass trajectory as shown in Table 1. Table 1l is a point-
mass trajectory of the second stage of a Nitehawk 9 and was ex-
tracte§ from the development report of that system (Ref. 3). From
this trajectory, the general path of the body and some aerodynamic
forces may be obtained.

The deflection of the body and the vibrational motions result
in moments that are applied to the moment equations. These two
moments and all other moments are determined in Appendix C.

In order to get the equations on the analog machine, it was
necessary to combine some terms in the rotational equations,
Equations (10). This changes the looks of the equations but they

are, in fact, the same equations. The equations are rewritten as

follows:
IxxrlngL
* (1)
1 ¥ +r r,I =M 1
vy 2 1 3'xx ry
I . . e I _M*'
22 1‘3—1’21'1 XX_ 1‘3

where

* .
M 5, = £(t) r,(57.3) - £,(t) 7, +£ (t)x,(0) (12)

My, = El(t) r3(57. 3) - fz(t)i'B +£5(.t) 1-3(0)
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% .
fl(t) = T (uiT - ui,rtl) - Mr, i=2,3
f(t) = M, . + M k=vy,z
2 Prx g 7
f (t) = 0.0015+ 0.005 sinwt w=188 rad/sec.
4
or 27 Hz
f (t) = 0.0015 + 0. 005 cos wt '
° , (12)
I =L 96 slug/ft . (Cont.)
=3 [ 2
Iyy = 335 slug/ft
Initial Conditions:
r (0 = 0
(0)
r(0) = 0 r. =0.882 rad/sec.
> | 2
r3(0) = 0.035 rad i‘3 =0

The roll rate vs. time, fl(t) and fz(t) are shown in Figures 9, 10

and 1l respectively.
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CHAPTER VI
DISCUSSION OF RESULTS

The yaw gyro traces from actual Nitehawk 9 flights showing
normal, locked-in (or roll-pitch coupled), and coning motion are
shown in Figure 13 (from Ref. 13). In attempting to duplicate the
motions shown, the approach was to use the same relatively standard
restoring moments (function fl) and acrod};namic damping (function
fz) moments asused for the normal flight. The other conditions are
then added to duplicate the locked-in and coning flights.

Figure 13a shows the computer simulation of the normal or
desired flight, It can be seen that the computer flight data simu-
late the actual flight data quite well. The vechicle has slight
oscillaf:ory motion at burnout; it damp slights and then diverges
slightly as the vehicle leaves the atmosphere. This is shown to
be a normal flight by Stone (Ref. 14).

Figure 13b shows a simulation of roll-pitch coupling. Notice
that the motion is highly divergent when the roll rate is the same
as the pitch frequency. The bent payload moment was used as the

disturbing moment to cause the two frequencies to lock together.
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The difficult motion to simulate is the coning motion,
Several different attempts were made to duplicate the motion on
the computer. The different cases are as follows:

Case 1. Figure 13c shows the simulated motion of the ve-
hicle with the bent payload moment as the only additional
applied moment. Note that the bent payload has very

little effect on the total motion of the vehicle,

Case 2. Figure 13d shows the simulated motion of the
vehicle with the arbitrary moment applied. Notice that
the oscillation tends to drift off from the line of flight

but there is little increase in the coning motion.

Case 3. Figure 13e shows the motion caused by applying
both the bent payload moment and the arbitrary moment.

There is little or no effect on the total motion of the vehicle.

Case 4. The motion of the vehicle was determined using
the vibrational moment caused by the continuous vehicle

(no loose joint). There was no noticeable difference in the
resulting motion for this flight and the normal Elight motion.
The bent payload moment was applied in addition to the vi-
brational moment and the resulting motion was identical to

that in Case 2.
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Case 5. The motion of the vehicle was determined using

the vibrational moment caused by the vehicle with a loose
payload., Since the payload will bend, the moment caused

by the mass offset is also included. Figure 12f shows

the resulting motion. The vibrational motion couples with
the roll rate, and the yaw angle (and hence the pitch angle)
begins to get larger. As the vehicle leaves the atmosphere
and no longer has a restoring or damping moment, it can be
predicted that the yaw angle will grow to a value of 10-15
degrees. This prediction is based on conservation of angular

momentum.

Case 6. Figure 13g shows the motion of the vehicle with the
bent payload, its vibrational motion and the arbitrary moment
all combined. The motion is simply a superposition of the
motion of Case 2 and Case 5. The motion tends to drift off
from the line of flight and the yaw angle grows to a predicted
10~15 degrees.

The required flight performance for the Nitehawk 9 (Ref. 3)
specifies that the maximum allowable coning angle is +5 degrees.
About one~fourth of the test units failed to meet this requirement
by varying amounts. Most of the units that had large coning angles

attained angles between *t10 and +30 degrees. , Flight 152~45 shown
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in Figure 8a had a coning angle of * 30 degrees, which was typical.
This case does cause coning and does duplicate the smaller coning
angle flights. However, it does not account for the larger coning
angles.
Case 7. One of the advantages of an analog computer rests
in the fact that once the inputs are in the computer, their
magnitudes are easily changed. All the input moments were
increased to larger values in an attempt to duplicate the larg-
er coning angle flight data. The only duplication obtained
occurred when the vibrational input with the loose payload was
increased by a'factor of four, i.e., the input was changed to
(0.0015 + 0.02 sinwt). See Figure 13h.

The motion obtained was virtually identical to the
large coning angle flight data. It is an interesting observ-
ation but one that is difficult to duplicate in actual flight
conditions. The accclerometers flown in most small rockets
rockets do not measure data below 50 Hz; therefore, even
though the computer simulation duplicates the flight data
there is no assurance that such a vibrational environment
exists in actual flight.  Of course, the magnitude of the
vibration may be somewhat greater than those calculated
simply because ounly the thrust induced vibrations were

considered. This flexible joint reasoning may further be
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strengthened by the fact that the coning has been greatly

reduced by stiffening the payload separation joint.

Case 8. In order to determine the effect of reducing the
aerodynamic coefficients, function fl and function fZ were
reduced in steps. It was found that a 20% reduction in fl,
the restoring moment, did not increase the magnitude of the
oscillation angle but did reduce the frequency slightly.

However, a 20% reduction in £, the damping moment, caused

2’

the system to diverge without any disturbing moment.

Case 9. In an attempt to get a complete comparison, the
rigid body motions were run on the analog. The rigid body
motion was determined using £, for rigid body in Figure 10
and the f, shown in Figure 1l. Figure 13i shows the motion
of the rigid vehicle with the standard restoring moments and
~aerodynamic damping moments. With the same initial con-
ditions as used in the flight shown in Figure l3a, the rigid
body motion is almost identical to the normal elastic flight.
The final amplitude of the rigid body motion is sliéhtly smaller
than the elastic motion and the frequency is different. At
two seconds after burnout, the rigid body frequency was 2.5
Hz while the elastic body frequency was 2,75 Hz. The

1"1gia body motion was determined using an applied moment



43

caused by a bent rocket and the arbitrary moment. These
motions are shown in Figures 13j and 13k, It should be noted
that these motions are very similar to their corresponding
.casing in the elastic body motion which are shown in Figures
13z and 13d, respectively. This indicates that the only large
effect on the total motion of the vehicle was caused by coup-
ling between the vibrational motion and the yawing motion. Of

course, there is no vibrational moment for the rigid body case.



CHAPTER VII
CLOSURE

The integrated approach provides a new and powerful tool
for the sounding rocket development engineer. It allows the engin=-
eer to determine the effect of various perturbing moments on the
oscillatory motion of the vehicle. Furthermore, since the engin-
eer must have a point-mass trajectory, aerodynamic pitching and
damping coefficients and an aeroelastic analysis for the basic de--
sign of a vehicle, the oscillatory analysis can be done with very
little extra effort.

The analysis of the Nitehawk 9 by this method simulates the
actual flight data very closely. It showed that the extra-~atmos-
pheric coning of the Nitehawk may be caused by the coupling of the
vibrational motion with the roll motion. It further showed that
variations in the restoring moments had very little effect on the
magnitude of oscillations but that the frequency of oscillation was
affected; however, lowering the damping moment caused the oscilla-
tions to grow,

More investigation is needed in the following areas:

44



I. A more detailed analysis of the vibrational motion of
the vehicle including the thrust induced vibrations, the
aerodynamically induced vibrations and fhe sonically in-
duced vibrations,

2. An analysis to determine the effect created by a pay-
load that is loose enough for the system to react to the
forces and moments as a two~body system.

3. An analysis of factors that could'cause an instant-
aneous reduction in the aerodynamic damping.

4, Test and analysis to determine an appropriate magnus
moment.

5. Test and analysis to determine an appropriate lee~side
vorticity induced moment.

6. Test and analysis to determine the effect of a bent or

loose payload on aerodynamic coefficients.
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APPENDIX A

INTRODUCTION TO THE DERIVATION OF DYNAMICAL EQUATIONS

The purpose of this part of the analysis is to derive the

general dynamical equations that govern the motion of an elastic miss=-

ile in free flight.

The following assumptions are made:

1.

2.

The mass of the missile is a function of x only.'

The lateral bending is governed by Timoshenko beam
theory. Even though most sounding rockets are long
and slender, the equations are written to include the
occasional short missile by including the effects of
rotary inertia gnd shear deformation.

The torsional rigidity is assumed to be infinite.

The deflections of the missile relative to t}1e moving
axes are represented by normal mode oscillations.

Structural damping is neglected.

The Coordinate System

Figure 1 shows the general coordinate system. The velocity

of the center of mass is denoted by VO and it is directed along the

49
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tangent to trajeclory of the center of mass. The missile configur-
ation is described relative to a set of moving axes (x, y, and z)
which has its origin fixed at the center of mass.> It is a righthanded
orthogonal system that is fixed in the missile body and coincides
with the undeflected missile principal azes. The x-axis is directed
along the longitudinal axis of symmetry of tl';e undeflected missile™.
Displacements along the x axis are denoted by u;, along the y axis

by u_ and along the z axis by us.

2
The inclination of the x axis from the vertical is denoted by 7.

Rotation about the x axis is denoted by Gl(roll), about the y axis by

92 (pitch) and about the z axis by 03(yaw). The coordinate system is

oriented so that the x-axis is in the trajectory plane.

The Displacement Equations

The displacements can be expressed in the following form:

qet) = e rxe® + 28 - a0
0, (,8) =C(6) +xey(t) + & T - a(t) (13)

j=l

o
a0 8) =k (8) +ky(t) + 2 0+ qy(8)

* It can be shown that with this selection of x-axis orientation, the
angular momentum of the missile relative to the moving axes is

zZero.
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where ¢i’ Tj, o-k are the eigenfunctions of a free~frece beam and
95 q.i and qk are the corresponding generalized coordinates. In
these expressions, the constants . Co’ ko, and Cl’ Cl’ kl are
parameters that represent rigid-body displacements and rigid-body
rotations of the missile relative to the body fixed axes, These
parameters are all zero because the a;ces were chosen such that
there is no rigid-body motion relative to the moving axes. Then
the equations take the form previously presented as Equations (4).

Now considering the corresponding angles of rotation of a missile

element, the equations are

wix, t) = cl(t) + jgl sbk(x) . qk(t) (14)

o)

A(x,t) = Cl(t) &3 >\j(x) : qj(t)
where Cl(t) and kl(t) are zero as discussed previously. There is no
equation for an element rotating about the x axis because of the
assumption that the missile is rigid in that plane. This equation
takes the form of Equations (5).

The Derivation of the Kinematic Relations for Velocities from Figure 2.

?:ﬁ +F; p=(x+ul)'i—+(y "‘U.Z)_j-"'(z 4'\13) 13 (15)

B=R+9 =R +(x +{11)T +(x +ul)'i—+(§r +{12)j—
(y A-{-uz)'j- + (2 +&3) k +(z +u3) k '

From Greenwood (Ref. 22)
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T A TedE- 6T ke aTeb;
i =6, 2 i=9 i k 1= 8 (17)

Then the velocity can be written
P=R +(x + le)_i' +(y + uz)'_'j' + (2 + u;) k +(x +u1)(é3j - ézfc')
+(y + uz)(elk -9 3i) + (z +u3)( 9, - Olj) (18)

-~

Then noting that x = ¥ = z = 0 because the coordinate system is body~

fixed, the velocity becomes
:15=-1.i -!-[1‘11 - (y + ﬁ2)63 +(z +u3)éz] 3 +[i12 + (% +u1)63 - (= +u3)(.31]Ti-
#i - (x +ul)é2 +(y +u2)é1]E (19)
Then the absolute velocities are
vx =kx + [al - (y + uz)é3 + (z +u3)62]
Vy = ﬁy +[13.Z + (x +u1)é3 -(z +u3)61] (20)
V, =R+ [a - (e a0, *(y +u,)8)]

Accelerations from Figure 2

The velocity components of the center of mass can be express-~
ed in terms of the flight-path velocity and coordinates in the following

manner.

Rx= V cosa , Ry = Vo cosg , R =V sina (21)
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It should be noted that the total angular rotation of a point on the
missile axis is not simply 92 about the y axis and '33 about the z axis.
Making a small-angle assumption, the rotation in the pitch plane

(xz plane) is @, + au3/3x and the rotation in the yaw plane (xy plane)
is 63 + Buz/Bx. Therefore, the total pitch angle of attack is not
*=y-8, but R ] 0, - au3/ax. The total yaw angle of attack
is 3= 684 + Buz/’ax. The acceleration components of the center of

mass can now be written in terms of the flight path velocity and

coordinates as:

R =V cosa -V asina &= - @
x o o 2

A =V cosk -V_7vsind« A& =y
x 0 °

Ry = V0 cosf =~ VOB sing

= + 22
B= o, 3u2/3x (22)
A =V -V '
Ay o cosf3 093 sing
R = \'/'o sink + V & cosd B =0
Z o}
K = V sink  V ‘;coso(
z o o

Derivation of the Kinetic Energy of the System

The kinetic energy associated with the velocity of points along

the missile axis isv
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1 L | 2
=72 R +ay - (y + a +(z +tu )e
2 j{ J_-Rx a; - (y uz)e3 (z u3)6J
(23)
+[R +a_+ (x—l-u)é -(z+u )6 2
y 2 1 3 371
2

+[Rz+ a, - (x + ul)G)2 +(y +u,) 61] } dm
Now consider the kinetic energy due to the rotary inertia of each
infinitesimal transverse slice of the missile. The angular vel-
ocity of any slice is given by the rigid-body (62, 63) rotational
velocity and the rotational velocity associated with bending (\l’,/\).

The correspording kinetic energy is
L & 2 2 2 2
T =2 / ['r (e2 ty) hr (e3+.-\) ]dm (24)

1

where r is the radius of gyration of each element. Angles ¥ and A
are defined in the derivation of the deflection equations, The total

kinetic energy is
T =T + T e (25)



The Equations of Rotation

The Lagrangian equation for some rotation is

d_ (3T} »T -
aG \ST/)" 37 T Y (26)
The kinetic energy of the system was shown to be

L 2
Top = / {[Rx + 1'11 - (y +u2)é3 + (z +u3)é2]

1,

2
+ l + ¢ + -(z + I
Ry u2 + (x ul)93 (z u.3)(-)1

(27)
. . . . 2
+ - (x + +(y + d
+[RZ u, (x ul)e2 (y uZ)OIJ m
1 L2
g [ [, 0 ey, i am
1
The Langrangian equation for 92 is?
d & :
3T . - .
3 © [{[Rx + ) (y +u2)e3 + (= +u3)92] (z +uj)
2 1 )
1

+ [Rz-p u, + (x +uj)e, +(y +u2)el] (x +u1) } dm

-~
[y ¢

+, rz(é +y )2(1) dm

2

S

[
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or

oT fz

3 =/{[Rx(z + u3) + ul(z + u3) - (yz tu,z buy +u
.
1

0
293095

) 2y : | . X
(24 + 2usz *ug )92] + [Rz(x l'ul) +(x +ul)u3

2

1, (28)

+f rz(é2 —i-\i/)dm

)

5. .
+ (k%4 2ux +u) )92 + (xy +u,x tuy +u u)@%} dm

Terms of the form Rx f u3dm s ﬁ1/u3dm , and

2 L)
r f\lf dm vanish because of properties of the eigenfunctions and

terms like ug y dm vanish because the ‘origin of the co-
ordirate system is at the center of mass. Then, Equation (28)
becomes

{, Lz

o . 2 21: 2 2y . f 2,

a,e f [_yz93 4 (z + u3 )OZ + (x 4 U‘l )92 + xyel}jm+/£ T 92 dm
AL

A (29)

= Iézez + f (-x2z85 + xy8;) dm ’

A



where [
2

I = (2% + x2+ w2 +y %+ r%)am (30)
8 3 1
2 )

The term37T/3 02 vanishes in this case because the kinetic energy
equation is independent of 62.

The generalized force Q6 equals the moment about the ceunter
2

of mass of all the external forces that produce work during a vertical

displacement ABZ. From Figure 3

= - ! B b3
Q62 Jngl Tu, '+ TO, +M92 (31)

where MG * is the moment about the center of mass during the
2

angular displacement A0 Then the Lagrangian equation becomes

2

12

d 2 o 1 5 *
— - + = - T* + T* +

T 62 5 yz0, xyel)dm] JDZZI T u3T€1 T Uy M92
or

4
d . 2 . 0 .- . * , . ’”
— + - - - + +3
It (16292) ~i{ ( yze3 yze3 xze3 xyOl xyel + xyel) dm

% 1 * %
= J ~ T*u +Tu +M
Dz’el 3TQ1 3T 6, (32)

Terms such as -f(xz - xz)dm are recognized as angular momentum
terms.

xy dm vanish because the coordinate

The terms '6.3 fxz dm and 51

axis is along the principal axis of the body. Then equation (32) becomes



58

d . . . x 1 % %*
- I 0 -1 )8.6_ =(J - + + 3
dt (02 Z) +(IXX zz) 13 ( Dz T u‘3T)£l T MG (33)

where (yz - yz)dm = I, 1

Iyyez

(%z - xZ)dm

(x§ = ky)dm = 1,8,
Theexpression for I6 is the instantaneous mass amount of inertia
2

because the configuration of the missile changes with respect to the
axes. However, in the practical situation, this variation will be
small compared to the total. The approximation generally used is

that the moment of inertia is independent of time and equal to

I = /é(zz-i- x2) dm (34)
vy "[1
With this assumption, the Lagrangian equation becomes

2o . . e 1 % %
o+ - = . o=
Iyyez (Ly = 1,,)8,05 =Jp £ =T u3T}Z1 + Ty Mez (35)

The Lagrangian equation for 63 is derived in a similar manner.

Q =7J 0 =Tu'£L+Tu +M * (36)
6; Dy 1 2T 2T 0y

Then the Lagrangian equation becomes
A
d hd ] o £
I [IG 03 +'[ (- yz0, - xzel) dm] = (JDY - T“n% +Ta,m +M63
wal
(37)



59
Making the same assumption as for IBZ.

L,
R —_-[ (x% + y2) dm (38)

63
-[.l
Because of the axial symmetry of most sounding rockets, the

moments of inertia IZz and Iyy are equal, . In a manner similar

to the GZ equation, this equation reduces to
I 6, + (L. -1 )86, = (Jn. - Tus)fy +Tu,m + My (39)
zz 3 vy xx/ 172 Dy 2T'*1 2T 93

The one remaining rotation equation is the roll equation. In this

case

aT * - » . -
—-— = + - + - +
: / { [RY o+ (x +a)b, - (2 u3)61] [ (2 u3)]
290,
+[Rz + u3 +(x + ul)OZ + (y -+ uZ)el] [y + uz] (40)
With the previous assumptions, this becomes

2

!m
H
u
1 )
%
N
Q.
-+
~

2 44 20 4 xyb +(y2 + u2)o | a
u, )91 xyz(y uZ)l m

L
3T _ . s
—a'—.(; = elel -y (-sz3 +xy02) dm (41)
1 -El
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where
Iel “:[ (y2 + 2% ¢ uzz + u32) dm (42)
-21
Since the kinetic energy is not a function of 61,
aT/ael = 0, (43)
The generalized force is the moment acting about the x axis. Thex
axis isassumed to be the roll axis and the only moment acting is the

aercdynamic roll moment, Mf; .
1

Then the Lagrangian equation becomes

22

d . . 2 7"(
- [Ie 6, +f (- xz8, xyd) dm]—Me (44)
1 £ 1
-~k

Using the previous assumption and recognizing the angular momentum

ter1'fns, Equation (44) becomes

oo - . *
L) +(I,, = 1,,)6,05 = Mg

1 (45)

But sounding rockets are generally axially symmetric and dynamically

balanced, sol = IYY . Therefore, Equation (45) reduces to
.- %%
Lyl = Mel (46)

Motion of the Center of Mass

Using Newton's second law and referring to Figure 3, one ob-

tains the equations of motion for the center of mass
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— %
= - +
M(x) A =T-Mgcosn *+F_
A =Tu +F*.
M(x) A y TuZT Fy JDY

(47)

— 1 .
M(x) A, =Tu3T + Mg sin g - JDz + Fz

In the derivation of these equations, the angle of inclination from the
vertical, 7, is assumed to be small. Thercfore, T in the x
equation is assumed to be directed along the x axis, uéT is the
slope of the displacement in the y direction at the tail of the missile
and is, therefore, approximately equal to the angle of deflection,
u;T is the slope in the z direction,

The resultant aerodynamic forces in the x, y and z direction

3

are F;{*, ¥ g’ and F*z. Here F; is approximately equal to the

negative of the drag; Ft, and F*z are approximately equal to the

nor;nal force in the xy and xz plane; JDy and JDz are the jet damp-~
ing forces in the xy and xz planes. The normal forces in the xy and

xz planes are actually distributed forces but these forces are not

well defined for large Mach numbers. Miles and Young (Ref. 23)
showed in their report that the slender body approximation is very
sensitive to discontinuities in missile body slope and the approximation
is not accurate for Mach numbers above two. An approximation that

is valid at high Mach numbers and that is at least less sensitive to

discontinuities in slope is the piston~theory approximation developed
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by Lighthill (Ref. 21). However, this approximation requires care-
ful definition of local parameters such as local velocity and local
downwash. Sounding-rocket design methods have not yet reached
that degree of sophistication. It is common practice in the sound=-
ing rocket ficld to determine a distributed load using a semi-empiri-
cal method described in Reference l4 and then correcting the load
to correspond to wind tunnel data., This method is described in
Appendix C. Since actual flight data and wind tunnel data are
available, the method described in Ref, 14 will be used in this

analysis.

The Derivation of the Bending Equations

The Lagrangian equation for a normal bending mode is

Aot ) 2T eV . |
a \ - d9 09 “gn (48)
q n

n n

Now to f.ind the parts of the equation in the u, direction

3
¢,
ae;k

. ) . Av-LEN
{(RZ + u, - (x +v.l)(32 +(y + uZ)B]'-“'- dm
-'gl

qu

/‘ZZ | (49)

2 206+ 1y Q¥
+2 J 1'(€)Z+‘/,)aqk
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From the deflection equations,.
s ¥ez
u_(x,t) = o (x) - t = X ¢ (x) . t
5% t) = () -, (8) & () - a, (8)

u =g *q V= ;l,k qk (50)

a¥/oa ;= ¥

then
/ :
= tu - (x+u )0 + (v +u.)6
aT/aqi [Rz uy (x ul)ﬁ2 (y uz)Olqk]dm

(51)

+/ rz(é'2+}L) i dm
L),

This expression can be simplified by using the properties of the

eigenfunctions given in a separate section.

Breaking the integrals into parts, it can be scen that
12 2

I3 |
Rz / o'kdm =0, uzﬁ1 / % dm =0 , uLGZ o dm =0
4 4 g
(52)
.k 2 2
rez ¢kdm=0 , x dm = ydm =0
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Thus, the only terms left are

2

! (i e, * r2y ¥, ) dm (53)
1 .
Then from the displacement equation;
7, ' i
) (o 8,0 oy + (P09, | dm
1
(54)
* jz Z
=q1f ["k."k +T dgktkk]dm—qiM
-[1
Therefore
dT/dq, =9, M (55)
where M is the total mass.
In a similar manner, the vibration in the xy plane yields
9T /?q, = E;j M (56)
Now to find ()‘I‘/aqn for the u, direction,
gz » . * . . bu3
T = + - + 0_ + + 0 0)) —
3T/09, / {[Ry a - by uy)0 (= ruy) 2] (0,) 39,
' (57)

[‘ : : : 1203 1
. i ) |
R Fu, +(x +u)o, - (z +u3)61] [( el)aqk } o
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Now
Ju
3—
~ - ¢
da, (58)
Then
'ez . - - . - . -
.= - + - -
3T /dg; [Rxe2 0,0,0, +u,0," - R § - 0,8

(59)

In the previous section it was shown that all the terms vanish except

two., That is

[
—~

=
w

D
[\

+

=

aT/bqi
L (60)

i
D
{8]
N
e -
w
WQ
[o7)
5
+
® 3
—
oy
[
?\__Q
[oF
8

The sum of these two terms must be zero in order to be consistent
with the assumption that the vibrational motions take place in normal
modes in two independent planes. In like manner, BT/bqj is

assumed to be zero.

From beam theory, the potentiai energy V is the elastic

strain energy due to bending and transverse shear, that is,
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' /2 AR 1 of; ?
Ve f El >+ dx + = KLAG<bx '#i) dx (61)
) ‘

where these terms are defined in the properties of eigenfuncti'ons.

The xz plane equations are derived as follows:

a (e, t)= 2 o (x)- g () wix,t)= él Vilx) = gy (t)  (62)

k=1
Then
v =l £2EI Yk g Mk d
xz 7 Ix kg Tk
.ﬂ,l
/ (63)
2
1 daoj 2
+ 2,4 KAG o x 9x "'}"qu dx
By relations of eigenfunctions
2 2
v =1 =
Xz 2 M 3 wk 9 (64)
k=1
In a similar manner, the potential energy in the xy plane is
©
Vg T2 M A% 9 (65)
From these
Vv AV
Xz 2 Xy 2
=Mw = Mew, 66

Now the generalized force in the xz plane is



a i ’QZP ( t) aué dx +T 1 Au3
= x,t) * 3 u i
* ..[ “ .SE;_;{ . qk X -,Q]_
1
(67)
du (éu3) )
Sqg = k(“) Sq. = k(" 1)
q N/ = -2,
Then ,(7,2
Q, = [ P_(x,t) o (x) dx +T o} o (-L) (68)
1
In a similar manner,
I8 | |
QXy =[ ny(x, t) 'l'j(x? dx +T u2 ’Ij(-,ﬂl) (69)
!

Now substitute all of this back into the general Lagrangian equation,

For xz plane,

2.

d ,. 2 1

—_ +M w = ‘ dx +T o (-4

7 G M) Mty / P (xt)a (x) dx +T70) @, (-L)
4

(70)
2

2
M(@E, +92q,) = / PG t)o(x)dx + T u o (-L)
g |

Then, in the xy plane,

1, |
'x) 2 _ >:< ]
M(qj+ wj qj) = [ ny(x, t) ‘Ij(x) dx +'I.' u, Ij(-ﬂl) (71')
M
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Properties of Eigenfunctions

The properties of the eigenfunctions are determined in the
same manner as uscd in Reference 1l Counsidering a Timoshenko
. .th .
beam, let ». =circular frequency of the i mode, ¢.1(x) = eigen=
function representing total deflection (due to both bending and shear)

of the i*® mode, Wi(x) = eigenfunction represcnting the slope due to

th

bending alone of the i*" mode.

The following assumptions are made
l. The missile is treated as a free-free beam with a
total length of /el +£2 .

2. The eigenfunctions are normalized so that
12
2
(¢iz +22y.%) am = o,
1

Then the eigenfunctions for a free-free beam satisfy the following

mathematical relations that are necessary for this analysis.

2 5 O.for ne#i
) =
(8,8, +rP9,¥) dm (72)

- M forn =i

2

ay. ay L ag
El =— " ——dx +] KAG|—2-V
dx  dx % L dx ~ N

1 1
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(73)

dg 0 forn+1
(__.._n'. -"f'n) dyx = Cont,

Mcoiz for n =i

(xg + rzvl_) dm =0
i i

where i =1,2,3. ..., n=12,3. ..., and KlAG= shearing

stiffness.



APPENDIX B
TRANSFORMATION OF EQUATIONS INTO
AEROBALLISTIC REFERENCE SYSTEM
The equations derived in Appendix A are expressed in a body-
fixed coordinate system. In order to compare the angular motion
obtained from the equation with flight data, the equations of motion
will be transformed to the reference syste;’n used while gathering
the flight data. This reference system is often called the "Aero-
ballistic Reference System'. The aeroballistic reference system
is a system of axes that are fixed at the center of mass of the rocket
and that pitches and yaws with the body but does not roll with the
body., Figure 4 shows the axes syst:.em attached to the body. The
equations will be transformed in a manner suggested in Ref. 12.

The equations derived in Appendix A can be expressed in

matrix form as follows:

4 ) - 7] ~ "]
* (.. ) \
0 I, 0 © 0, (el L, 0 O
3 i ”» .
0, = 0 I,y O o, f+|e, 0 Iyy 0 i(74)

70
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When the matrix algebra is completed, this equation provides
the three moment equations for a body-fixed axis system. For the
aeroballistic system, substitute r for 6 to identify the different
forms of the equations. Then in the aeroballistic system, r is

made zero in the matrix since it is a non=-rolling axis system. Re-

written in terms of aeroballistic axes, the equations become:

Ixxc r1 N Mr1

. .« %
I I =M 75
yy rz +r1r3 %X rz ( )
I ¥ -~r+1_ =M~

2273 2 1 xx T3



APPENDIX C
CALCULATION OF THE APPLIED LOADS AND MOMENTS
General

The approach to the calculation of the aerodynamic loads and
moments is to use methods and tools that are in common use among
sounding rocket developers. This approach allows quite a vari-
ation in the degrece of sophistication in the technigque used for the
different loads and moments. In this problem, the degree of so-
phistication ranges from a very sophisticated program for determin=
ing the vibrational inputs to an empirical method for determining the

distributed aerodynamic loads,

The Function f

The aerodynamic loads were determined by using the methods,
tables, and charts from NASA TN D-3283 (Ref. 14) and the aero=-
dynamic inputs Erom the typical Nitehawk 9 traje'ctory (Table 2).

The aerodynamic loads are shown in Figure 4. The distributed
aerodynamic loads are then used as an input into the AEROMOD which
determined the body static deflection, the static margin of the

vehicle and the aerodynamic moment. These results and the thrust

12



TABLE 2 Values for Function fl(t)

~

£ $
Time T* ) l13T Ta u3lT [l T*u3|le T*(U3T' u3T£1) Aeromon T (uST-u3’I‘4)-M6
(sec.) (1b) (in”) (in-zlg) (in/in)  (in) (in-1b) (in-lb) (in-1b) (in-1b)
0 10,350 .0.04 - 0. 0017 98 1,720 -1310 26,940 =-28,250
.5 8,700 .038 331 . 0017 98 1,450 -1120 -24,750 -25,870
.94 970 «033 32 . 0017 98 115 ‘- 80 -22,260 =22, 340
1.0 0 - - - - - - ~21,890 -21, 890
1.5 - - - - - - - ~-18, 050 -18, 050
2,0 - - - - - - - =14,970 -14,970
3.5 - - - - - - - -10, 070 -10, 070
4,0 - - - - - - - ~- 6,900 - 6,900
5.0 - - - - - - - - 4,600 - 4,600
6.0 - - - - - - - - 3,100 - 3,100
7.0 - - - - - - - - 2,100 - 2,100

€L
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force are combined to determine fl which is shown in Figure 9.
Table 2 shows the numbers used to determine fl(t).

The Aerodynamic Damping Moment

Davis, Follin, and Blitzer (Ref. 16) defined the aerodynam.ic

damping moment as

L 2 L - g g2
M = = 5Cm A Vus-5Cn £eno
where
Cmq = the damping coefficient, g = dynamic pressure,

£ = reference length, A = reference area, w =pitch (or yaw)
rate (1"2 or i)
From the work of Curry and Uselton (Ref. 12), the
Cm = 600 rad"1 for the Nitehawk 9 upper stage at Mach 8, The

q
values calculated for the aerodynamic damping moment are

Time, sec. Mq’ ft-1b.
0.0 892
0.5 780
1.0 665
2.0 456
3.0 298
4.0 210
5.0 140

6.0 96

(76)
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The aerodynamic damping moment is combined with the jet

damping moment to form the function f_ (see Figurell .)

2

The roil rate is taken from Ref, 13,

The Jet Damping Moment

From FDL-TDR=~64-1 (Pt. 1, V. 1) (Ref. 17), the jet damping

force is defined as

Dz P
where w = pitching frequency (1:2 or 1"3), m = mass flow rate,
X = distance from center of mass to the particle of mass. The
P

following moment was calculated for the jet damping force.

Time, sec. JDZJ&, in = 1b
0 89 w
0.5 730
0.94 Ow

The jet damping moment is combined with the acrodynamic moment

to form the function fz (see Figure 10).

Moment Due to Bent Payload

From Reis and Sundberg (Ref. 2), the deflection of the center
of mass of the payload from the symetric center line was found to

be 0.143 inches. This produces a force of
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F=mr = 35,5 lb.
The distance from the center of mass of the syétem to the center
of mass of the payload is 5.5 ft. The resulting rﬁome nt about the
center of mass of the system is

MB= 5.5 x 35.5 =195 ft-1b.

Vibrational Moment

The angular displacement due to vibrational motion was
determined by using the Sandia SHOCK Code which is described
briefly in Appenc‘lix E. The assumption was made that the vi=
brational motion was induced by the burnout of the propellant in the

rocket motor,

The code was used to determine two cases of vibration.
In the first case, the vehicle is considered as a continuous beam
with mass and moment of inertia varying along its length. In the
second case, the vehicle is assumed to have a loose joint at the
payload attachmeat point. This loose joint could have l?een caused
by poor workmanship, failure to tighten the joint, or differential
heating of parts caused by aerodynamic heating.

In the first case; the vibrational motioq was shown to be
near sinusoidal with a constant offset or basis (see Fig. 15). The

frequency was shown to be approximately 30 cps or 188 rad/sec.
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The vibrational motion is for this case equal to (0. 0015 + 0, 0015 sin
188t) rad. Witte (Ref. 18) showed that the experimental natural
frequency of this vehicle was 32 cps.

Witte further showed that the natural frequency of the vehicle
could be drastically .changed by loosening the separation joint of the
payload. Witte was able to change the frequ‘ency at will over l:he‘
range of 2 cps to 32 cps. Reis and Sundberg (Ref, 2) showed that
the separation joint could be made loose by differential heating of
the joint. The loose joint was shown to have a rotation of 10~0
rads/in~lb. Using this rotation, the code gave a vibrational motion
of (0. 0015 + 0.005 Sin et) where @ =27 rad/sec, (see Fig. 16).

This frequency coincided with the steady~state roll rate.

An Arbitrary Moment

Stone (References 4 and 5) showed mathematically the poss-
ibility of a highly nonlinear magnus moment as the culprit in the
extra-atmosphereic coning motion. Curry and Uselton (Ref. 13)
predicted a moment caused by asymmetric lee-side vorticity. At
present, there are no coefficients available to estimate the values
of these moments. However, since they have gone unnoticed for
many years, it should be safe to assume that they are small. For
this problem, these moments will be represented by an arbitrary
moment of the same maguitude as the moment caused by the bent

’

payload (200 ft=lb).
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APPENDIX D
THE AEROELASTIC PROGRAM

Aeroelasticity is the study of the effect of aerodynamic
forces on elastic bodies (Ref. 19). In most structural problems,
it is usually assumed that the deformation is small and does not
substantially affect the action of external forces, Even in pro-
blems of bending and buckling of columns or plates and shells,
either the external loading or the boundary conditions are assumed
to be known. In aeroelastic problems, this situation is different.
The aerodynamic forces depend entirely on the attitude of the body
relative to the flow. The magnitude of the aerodynamic load is not
known until the elastic deformation is known. The aerodynamic
load is an unknown until the problem is solved.

The computer program which was used to evaluate the
aeroelastic properties for the ap.plication problem is called
AEROMOD. It was written by John C. Weydert, Division 9224,
Sandia Laboratories, Albuquerque, New México, and it is a standard
tool used in sounding rocket development at Sandia.

To use this program, the following input parameters must be

81



specified:
Station Length from zero
Wt/inch Distributed Structural Weight
Stiffness E1/106

Load/inch  Distributed Air Loads

Rotation Weak or Loose Joint Rotation
Thrust Motor Thrust

Roll Rate Rigid-~-Body Roll Rate

Drag Drag Force

Dynamic Pressure Dynamic Pressure

Angle or Attack Rigid-Body Angle of attack
The program will print out the following information:
Station, Axial Load, Lateral Acceleration, Shear, Bending Moment,
Delta Theta, Deflection - Tangent, Deflection, Roll Axis, Local
Angle Air Flow, Weight, Total Air Load, Static Margin, Bend
Moment at CG, Dynamic Pressure, Angle of Attack, Roll, Torque,
Acromod,
There will be a tabulation of these parameters for the following
conditions: Trim Conditions; Elastic Conditions~-Converged Shape;
Rigid Body Results; Elastic Conditions~Converged Shape; and Roll

Conditions=Converged Shape.



'EQUIP»72=(36-00003)»HIsRO
'EQUIP316=(36-00531)sHI
1 COMMENT sSC-4020 TAG FOR LOGe UNIT 16-=WEYDERT BX 66256-BI=HC-CO0~SA
TFTNsXoL |
PROGRAM AEROMOD
DIMENSION AXLO(200)sBETA(200) sGAMMA(200),TBM(200)sH(101)
DIMENSION W(200)sEI(200)sRGK(200)sROT(200)sXP(200)>»
1PR(200) sANG(200)sP(200) sPSUM(200)»
2G(200)»Q(200) »BENRDMO(200) »SHEAR(200) »ANGSUM(200) s RGKSUM(200)
DIMENSION DELTHT(200),QSUM(200),vSUM(200)sBEI(200) sBEISUM(200)
DIMENSION DELTH(200),PHI(200) sANGOLD(200)
DIMENSION XLAB1(3),XLAB2(3)sXLAB3(3),YLAB(3)
DIMENSION PT1(4)sPT2(4)sXLAB&(3)
DIMENSION TITLE(10)
COMMON X(200)sXDIFF(200) sXSUM{200) s YBAR(200) sWSUM(200)5Y(200)
1DYCGsCGsMAX2PHIAXsPROD
TYPE REAL IO»IRSICG
TYPE INTEGER FLAGSsTESTNO
DATA(XLAB1=8HAXIAL LO>8HADING s1H )
1(XLAB2=8HBENDING 3s8HMOMENT s1H )»
2(XLAB3=8HY DEFLEC,8HTIONS s1H )
3({YLAB=8HSTATION s8HPOSITION»1H )
DATA(XLAB4=8HY DEFLEC»8HTIONS FRs8HOM ROLL )

DATA(PT1=8H CONDIT»8HIONS - $8HCONVERGE»8HD SHAPE))>
1(PT2=8HTAIL IS +8HSTATION s8H ZERO s1H )
LABXX = 1H#*

THZ = O,

THX = 0,

FX = Oe

GUST = 0o

WIND = Qe

ROLMOM = O.

PHIAX = Oe.

GLAT = Oe

KBINCT=0

RCON = 57.29578

£8



M=1 $ FLAG=0

READ IN STRUCTURE DATA

READ 592sTITLE

FORMAT(10A8)

PRINT 696,TITLE

FORMAT(1H1s////751H0:20X510A8)

READ 580+EPS>GAMMAF »DELTASLIMITISLIMIT2

READ 5905, THRUST s THOFF s THMIS s DRAGs OMEGA s GUSTO s DYNP

Cxxx%¥¥% PROGRAM CONTROL DATA PRINT

6219

580
590

501

33

PRINT 6219aEP59GAMMAr,DELTAoLIhITl’LIMITZ

FORMAT(1HOs4X s *PROGRAM CONTROL DATA#//

11HO 94X s *NOSE DEFLECTION CONVERGENCE FACTOR¥8X>F10e4/
21HO 94X o *AFT FIN MISALIGNMENTs DEGREES* 11XsF10e4/
31HO 34X % TORQUE CONVERGENCEs INCH POUNDS¥*9XsF10e4/
41HO 94X s #DEFLECTION ITERATION LIMIT#14XsI5/
51HO 94X s *TORQUE ITERATION LIMIT®#18X»sI5)

FORMAT (2F1035F10.05215)

FORMAT(7F10.0)

JUMP=0

FORMAT(I2sF7¢036F1040)

READ 501,KOMPNUM»sX(1)sW{1)sEI(1)sROT(1)sRGK(1)sBETA(L)»GAMMA(L)
M=M=+l

READ 501 sKOMP s X (M) sW(M)SEI(M) sROT(M)9sRGK(M) sBETA(M) sGAMMA (M)

IF(KOMP«GT«98)GO TO 1

IF(KOMP +EQsKOMPNUM)GO TO 2

STA=X(M-1)

BASIS=BETA(M-1)

FLAG=1

KOMPNUM=KOMP

X(M)=X{M)+STA

BETA(M)=BASIS+BETA(M)

GO TO 33

IF(FLAG.LTol)GO TO 33

GO TO 4

MAX=M-1 $ J=1

READ IN DYNAMIC LOAD DATA

¥3



6 READ 501 sMsXP(J)sPR(J)
IF(MeGTe98) GO TO 5
J=Jd+1
GO TO & '
9 P(J)=((X(J)=XP(I=1))/(XP{I)=XP(I~1)) )% (PR(I)=PR(I~1))+PR(I~1}
LWR=1
GO TO 8
5 MAXLIST=J-1
DO 9170 I = 1sMAX
9170 ROT(I) = ROT(I)¥1eE=9
ANG(1) = O

DO 10 I = 25MAX
DELTHT(I)=0
Y(I) =0
10 ANG(I) = ANG(I-1) + BETA(I) <+ GAMMA(I)
ATTACK = GAMMAF = 2+%ANG(MAX)
ANG(1) = ATTACK

DO 11 I = 2>MAX
ANG(I) = ANG(I) + ATTACK
11 ANGSUMI(I) = ANG(I) + ANG(I-1)
C—=e— INTERPOLATE FOR STATION LOADS
LWR=2
DO 8 J=1sMAX
DO 8 I=LWRsMAXLIST
IF(X(J)GEaXP(I=1)eANDeX{J)eLEaXP(1I)) GO TO 9

8 CONTINUE
IF{X{MAX) e GToXP(MAXLIST)IPRINT 601
601 FORMAT({1HO,* #¥2Xs¥AIR LOADS NOT DEFINED FOR%*
1% ENTIRE VEHICLE*)
PRINT 668

PRINT 667sPT2
PRINT 6623 (X(I)sW(I)>P(I)sEI(I)sROT(I)
1RGK (1) sBETA(I)sGAMMA (1} sI=15MAX)
PRINT 690sTHRUST»>THMIS s THOFF »OMEGA sDRAG
KONTRL=1

C CALCULATE FIRST + SECOND MOMENTSsWEIGHTsCP»CG

98



295

200
3095

201

701

702

309
304

2010

DO 295 I=1,.MAX
ANGOLD(I)}=ANG(I)

DO 200 I=2,.MAX
RGKSUM(I)=RGK(I)+RGK(I-1)
XKSUM(I}=X(I}+X(I-1)
XDIFF(I)=X(I1)=-X(I-1)
WSUM(TI)=W(I)+W(I-1)
CONTINUE

WT=0

WM1=0

IR=0

10=0

DO 201 I=2,MAX

WT=WT+WSUM(1) *XDIFF(I) %45
IO=TO+WSUM I ) ¥XDIFF (I} *XSUM(I)*%2 %04125
IR=IR+RGKSUM(I) *WSUM(I)#*XDIFF(I)%425%1e/462647

DO 702 I = 2-MAX
DO 701 K = 1»11
FK = K

H{K) = ((FK = le) % (W(I)

CONTINUE

- W(I-1))

1+ (FK = le) * (X(I) = X(I=1}) 7/ 10}

CALL SIMPSON (X{I-1Js X(I)s 115 H»

WML = WMl + DELXW
CG=4M1/WT
ICG={IO0-WT#CG*¥*2) /46267
JUMBO = 1

TESTNO=0

CONTINUE

XAIRLD=0

AIRLOD=0

DO 2010 I=2sMAX
PSUM(I)=P(I)+P(I-1)
ANGSUM({I)=ANG(I)+ANG(I-1}

/ 10e + W(I=-1)) % (X{(I-1)

DELXW)

AIRLOD=AIRLOD+PSUM(I)*ANGSUM(I)*XDIFF(I)%0425
XAIRLD=XAIRLD+PSUM(I)I®*ANGSUM(I)*XDIFF(I)¥*XSUM(1I)%4125

98



C XAIRLD AND AIRLOD MAY BE ZERO IF TRIM LIMIT=0
IF(XAIRLDeLT«0s00000001¢ANDsAIRLODe«LT+0e00000001)GO TO 2029
CP = XAIRLD/AIRLOD
GO TO 2028
2029 CP=0
2028 CONTINUE
IF(KONTRLeLT«2) GO TO 11212
IF(CP+GE«CGIGO TO 901
11212 CONTINUE
TORQUE=({CG-CP)*AIRLOD
AERMOM=TORQUE+THX¥DISP-THZ*CG
TORK = TORQUE
IF{JUMP<EQe 1) TORQUE=AERMOM
ABO=RCON:*AERMOM/ (12 4 *GUST*ICG)
IF(KONTRLeEQe1)ABO=00,
IF(ABQoLTe0s)ABO=¢00000001
FREQ=1¢0/(2%34141592)%SQRT(ABO)
ANGACC=AERMOM/ (12¢*1CG]}
STMARG=(CG-CP) #1004 /X (MAX)
DO 202 I=1sMAX
GO TO (2000520012001} sKONTRL
2000 G(I) = AIRLOD/WT
GO TO 202
2001 G(I) = (AIRLOD=THZ)/WT = (X{I)~CG)*ANGACC/385456
_ 1~Y (1) *OMEGA%¥2/94766
202 QEIy=G(I)=uwlI)
C CALCULATE SHEARsBENDMO>
c CALCULATE ROLL MOMENT
SHEAR(MAX) = O,
VSUMIMAX) = O,
BENDMO (MAX)= O
DO 203 I=2,MAX
QSUM(I)=Q(I)+Q(I~-1)
203  CONTINUE
DO 208 I=2sMAX
208  SHEAR(=~I+MAX+1)=SHEAR(=I+MAX+2)+{PSUM(—I+MAX+2)*ANGSUM(=I+MAX+2)
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1% 425-QSUM(=~I+MAX+2) %5 ) *XDIFF (=~I+MAX+2)
SHEAR(1}) = 20.0 * THZ
TBM(MAX) 0
DO 1000 1I=2sMAX
1000 TBM(MAX+1-I) = TBM(MAX+2-1)
1+ (WSUM(MAX+2-1)%0e5%FX/UWT + DRAG/X{MAX})
2% XDIFF(MAX+F2-T)* (Y (MAX+2=I) =Y ({MAX+1=1))%04e5
3+ AXLOAMAX+2=1)®¥(Y(MAX+2=1)=Y{(MAX+1~-1))
DO 204 I=2,MAX
VSUM(~=I+MAX+1)=SHEAR(=I+MAX+2)+SHEAR(~I+MAX+1)
ENDMO (—I+MAX+1)=BENDMO (=I+MAX+2)+VSUM(=-I+MAX+1)
1% 5% XDIFF(=I+MAX+2) + (TBM(=I+MAX+1)=TBM{=~I+MAX+2))
204 CONTINUE
DO 335 I = 1,MAX
335 BEI (I) = BENDMO(I) / EI(I)
DO 336 I = 2,MAX
336 BEISUMII) BEI(I) + BEI(I-1)
DELTHT(1) 0]
DO 205 1I=2,MAX
DELTHT(I) = DELTHT(I-~1) + BEISUM(I) % XDIFF(I) % 050
1% 1.,E-6 % RCON + BENDMO(I) * ROT(I) #* RCON
205 CONTINUE
DO 206 I=1,>MAX
206 DELTHT(I)=DELTHT{(MAX)-DELTHT(I)
SAVE = ANG{MAX]
DO 300 I=1sMAX
300 ANG(I)=ANGOLD(I)-DELTHT(I)
C—==—=CALCULATE DEFLECTIONS FROM CG
J=2
211 IF(X{J)eGTeCG)GO TO 220
KEEP=J
J=J+1
GO TO 211
220 DELTCG=((CG=X(J=1) )/ (X{J)=X(J=1))}*(DELTHT(J)=DELTHT(J=1))
1+DELTHT(J-1)
) ANGCG=((CG=X(J=1)) 7 {X(J)=X(J=1)) ) ¥ (ANG(J)=ANG(J=1))

"
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3003
83

3241

1+ANG(J-1)

EICG =((CG—X{J-L)}/{X(I)=X(J=1) ) )*(EI(J)—EI(J~1)) +EI(J=-1)

BENDCG=((CG~X(J=1) )/ (X(J)=X{J=1)))*(BENDMO(J)=BENDMO(J-1))
1 + BENDMO(J-1)

VECTOR=WIND—ANGCG

IF(KONTRL +EQ. 1) GO TO 83

DO 3003 I=1sMAX

ANG(I) = ANG(I) + VECTOR = PHIAX

CONTINUE

DO 210 I=1,sMAX

N=0 -
IF(X(I)eGTeCGIN=1
PHI(I)=(DELTHT(I) = BETA(I) = DELTCG)#*(=1)#*%N
KEP=KEEP+1
KEP1=KEP+1

—FOR STATIONS FORWARD OF CG

T = 1leE-6¥%BEI(KEP)*(X(KEP)-CG)*%2%,333333
1+ 14E-6%BENDCG/EICG* (X(KEP)—CG)*¥%2%,166667
YBAR(KER) = T
DO 324 I=KEP1lsMAX
DIN = PHI(I-1)/RCON®XDIFF(I)
T = leE=6%BEISUM(I)®XDIFF(I)*%2%4166667
1+ 1loE=-6%BEI{I)*XDIFF(I)%%*2¥#4166667
YBAR(I) = YBAR(I-1) + DIN + T

~FOR STATIONS AFT OF CG

T = 1 E~6%BEI(KEEP)*(CG=X(KEEP))1%%2%4333333
1+ 14E—6%*BENDCG/EICGH* (CG=X(KEEP) )*#2%,166667
YBAR(KEEP) = T
DO 3241 1=2>KEEP
J = KEP - 1I
DIN = PHI(J+1)/RCON®XDIFF(J+1)
T = 1loE=6%BEISUM{J+1)#XDIFF(J+1)%%2%¢166667
14+ 1eE=6%BEI(J)HXDIFF(J+1)*¥2% 4166667
YBAR(J) = YBAR(J+1) + DIN +T
IF(KONTRLeEQe24ANDeTESTNOSEQe0)GO TO 306

5002 CONTINUE

68



302
3040

250
260
303

261

3060
314

400
401

308

402

399

307

TESTNO=TESTNO+1

IF(ABS{ANG(MAX)=SAVE) . LE.ABS{ANG(MAX)*EPS))GO TO 250

IF(TESTNO«GT.LIMIT1)GO TO 280
IF(JUMP«EQe11GO TO 310

GO TO 304

GO TO (314353065306) sKONTRL

GO TO (30352619261) sKONTRL
PRINT 618sATTACKsTORQUEs TESTNOsLABXX
PRINT 621

CALL EXIT

PRINT 618sDELTHT(1) sDYCGSTESTNO
CALL EXIT

FLAG = 1

GO TO 306

IF(ABS(TORQUE) «LESsDELTAIGO TO 3060
KBINCT = KBINCT =+ 1
IF(KBINCToGT«LIMIT2)GO TO 303
IF(JUMBOW4GT«1)GO TO 402

CHANGE = 0,10

ATTACK = ATTACK + CHANGE

DO 308 I=15MAX

ANGOLD(I) = ANGOLD(I) + CHANGE
ANG(I) = ANG({I) + CHANGE
STORQUE = TORQUE

JUMBO = JUMBO + 1

GO TO 309
RATE = (STORQUE - TORQUE)/CHANGE
CHANGE = TORQUE/RATE

ATTACK = ATTACK + CHANGE

DO 399 I=1,>MAX

ANGOLD(I) = ANGOLD(I) + CHANGE

ANG(I) = ANG(I) + CHANGE

JUMBO = 1

GO TO 309

309 INDICATES NEW RUN (TESTNO=0 AGAIN)
PRINT 617

06



306
C
692
3220

3221

3222
3223

5003

5005

5001
670

5004
693

311

312

CONTINUE.

OQUTPUT REGULAR RESULTS

PRINT 692

FORMAT(1H1s///7/7277777)

GO TO(3220+3221+3222)sKONTRL

PRINT 664&sPT1

GO TO 3223

PRINT 665sPT1

GO TO 3223

PRINT 6669sPT1

CONT INUE

IF{KONTRLeEQe2sANDeTESTNO«EQe0)GO TO 5001
CONTINUE

PRINT 661sWT sCGsAIRLOD»CPsSTMARG, ICG,FREQ,
1ROLMOMsBENDCGsDELTHT (1) s DYNP s THRUST » GUSTO sDRAG sOMEGA »
2TORKSAERMOMs» TBM(1) s THXsTHZ s FXsDYCGSPHIAX sPROD
PRINT 669

PRINT 667sPT2

PRINT 6639 (X(I)sAXLO(I}sG(I)2SHEAR(I)»BENDMO(I)
IDELTHT(I)>YBAR(I)»>Y(I)2ANG(I)>I=12MAX)
IF(KONTRLeEQe2eANDeTESTNO0EQe0)GO TO 5002
IF(KONTRLeEQe1)GO TO 5004

CONT INUE

IF(JUMP.EQe1)GO TO 11125

GUST=GUSTO

IF(FLAG) 31093105311

PRINT 670

FCRMAT(1HO»50Xs#RIGID BODY RESULTS#*)

GO TO 5003

PRINT 693sATTACK

FORMAT(1HO»25Xs*TRIM ANGLE =%,F12,.8)

GO TO 5005

DO 312 I=1,MAX

ANGOLD(I)=ANG(I)+GUST

ANG{I)=ANG(I)+GUST

SAVE = ANG(MAX)
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WIND=ATTACK+GUST~DELTCG
FLAG = 0 -
KONTRL=2
GO TO 309

310  CONTINUE
WM2 = 0
DO 325 I = 2sMAX

325 WM2 = WM2 + WSUM(I) % XDIFF(I) % (YBAR(I) +
1YBAR(I-1)) /40
DYCG = WM2/WT
CALL ROLLAX

320  CONTINUE
PHIAX=PHIAX*RCON
JUMP=1
PHITR=DELTHT (1) +BETA (1) +THMIS+PHIAX~DELTCG
THX=THRUST*COS (PHITR/RCON)
THZ=THRUST*SINF(PHITR/RCON)
FX=THX-DRAG
AXLO(1) = THX
DO 330 I = 2,MAX

330  AXLO(I)=AXLO(I=1)~=(DRAG/X{MAX))*XDIFF(I)
1= (FX/WT)*USUM(I)¥XDIFF(1)% 0«5
DISP=THOFF+Y (1)
KONTRL=3

, GO TO 304
11125 CONTINUE

CALL ENTFLM C
CALL KWKPLT(XsBENDMO,MAXsYLABsXLAB2) C
CALL KWKPLT(XsYsMAXsYLABs»XLABS) C
CALL KWKPLT(XsAXLOsMAXsYLABs»XLAB1) C
CALL EXTFLM C
CALL EXIT

617 FORMAT(#*QVEHICLE UNSTABLE OR TRIM ANGLE OQUTSIDE OF SEARCH # ARTM144
1 *INTERVALW¥*) ARTM145

621 FORMAT (#0%/#%0%554Xs%*N0O TRIM ANGLE FOUND.¥) ARTM156

901 PRINT 610

26



618 FORMAT(E13.53E15e55165A1s% ATTEMPT TO ITERATE BEYOND LIMITe NO¥ ARTM146

1 % CONVERGENCE.*) ARTM147
610 FORMAT (1HO » BH¥¥%xX%3k%i#% 910X » ¥PROGRAM TERMINATED¥*98Xs¥*DYNAMICALLY ¥,

1#UNSTABLE*)

CALL EXIT
690 FORMAT(1HOs* THRUST =%¥sF20.10/1H »

1# THRUST MISALIGNMENT =% 3F20610/1H »

2% THRUST OFFSET =%3F20.10/1H »

3% ROLL RATE =%9F20.10/1H +% DRAG =%*9F20e10//7)

662 FORMAT (®0STATION®3X¥WT/ INCH®3X¥LOAD/ INCH¥*3X,

‘ 18HEI/10%#695X¥ROTATION®4X¥GYRATION®SX*BETA#8X
2FGAMMA®/1HO » 2X#* INCHES*5X¥L.BS*8X*¥LBS*¥5X*LB IN SQ¥%
35X*RAD IN LB¥4X¥INCHES®*6X*DEGREES*6X*DEGREESH®//
G(1H sFT7e294X3F6e2s4XsFT0233X9F9e293X94(E106352X)))

663 FORMAT (*QSTATION®3X*AXIAL LOAD*3X¥LAT ACCEL¥*4X»
I¥SHEAR®4LXXBENDING MOMENTH®4X*DELTA THETA*4X
2%DEFLECTION#*4X¥DEFLECTION*4X*LOCAL ANGLE*/1H »
378X%*CG TANGENT#5X#ROLL AXIS*¥S5X¥AIR FLOW*/1HO ¢ IX¥INCHES*6X
4% BSHXBXFFT/SEC SQ/32013%2X¥LBS¥H6X*INCH LBS¥10X
5*DEGREES#8X*INCHES*B8X*INCHES*TX*DEGREES*// (1H +FTe2»
63X9F800355XsFT7e254XsF8e0s4X9F9¢0911XsF6e397XsF7e3)
TTXsFT7e398XsF6e3))

664 FORMAT{1HO0s50Xs%*TRIM*24A8)

665 FORMAT ( 1HO s 46X s *ELASTIC*24A8)

666 FORMAT(1HO 50X s *ROLL*94A8)

667 FORMAT (1HO» 1H 949Xs4A84/)

668 FORMAT(1H1953X9%*INPUT DATA®/1HO 246X
1¥STRUCTURAL AND AIRLOAD*/7/)

669 FORMAT(1H1 44X %0UTPUT DATA PER %
1%*STATION POSITION*//)

661 FORMAT(LHO s 4 X o #*WEIGHT#15X*LBS*16X9F10e0s1He 99X
1%CG LOCATION®IOX*INCHES*14XsF1l242/
21HO 94X 9 %*TOTAL AIRLOAD#8X®LBS*16X9F10e¢0s1He 99X
3%CP LOCATION¥LOX®INCHES*14XsF1262/
41HO 34X 9%#STATIC MARGIN®*8X*PERCENT LENGTH*6X9F124297X>
5%PITCH INERTIA#8X#SLUG FT SQ*10XsFl2.2/
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20

61HO s 4X s %*PITCH FREQUENCY#&6X¥CYCLES/SEC*10X9F1l2e2s7Xy
T7¥ROLL INERTIA¥9X*¥SLUG FT SQ*¥10XsFl2.2/
81HO »4X s *BEND MOMENT AT CG¥4X*INCH LBS¥11X9F10e09s1Hes9Xo
9% TOTAL DEFLECTION®#5X*DEGREES*13XsF12e2/

11HO 94X s *DYNAMIC PRESSURE®SX*LBS/FT SQ¥10X>F10e0s1He »9X>
2% THRUST#15X%LBS*16X9F10,091He s/

31HO 94X s *ANGLE OF ATTACK#*6X¥DEGREES*13XsF1l26297X>
4%DRAG*17X*LBS*16XsF10.091Hs s/

51HO 54X s #ROLL*17X*CYCLES/SEC*10XsF1l2e2/

61HO 94X s *TORQUE®1S5X*INCH LBS*11X9F10e0s1lHe/

T1HO 94X s *AERMOM* 15 X*INCH LBS*11XsF106091He/

81HO 94X s TBM(1)*¥15X®*INCH LBS*#11XsF10e09s1lHe/

91HO 94X s ¥ THX*18X#LBS*16XsF10e0s1He/

11HO 94X 9 %# THZ*18X%LBS¥16X9F106091Hs/

21HO 94X s ¥FX#19X¥LBS*¥16Xs F104091He/

31HO 94X s *DYCGH LTX* INCHES#14X9F 155/
41HO 34X 9 #PHIAX¥ 16X *DEGREES*13X9F15e5/

51HO 94X s ¥PROD*17X*LB INCH SQ¥10XsF1l2.2)

END

SUBROUTINE ROLLAX

DIMENSION YSUM(200)

COMMON X(200) sXDIFF(200)sXSUM(200) sYBAR(200) sWSUM(200)5Y(200)
1DYCGsCGyMAXsPHIAX »PROD

JuMBO = 1
PHIAX = 0
CONTINUE
PROD = 0

DO 1 I=1,MAX

Y{I) = YBAR(I) - DYCG + PHIAX ¥ (CG=X(I))

DO 2 1=2,MAX

YSUM(I) = Y(I) + Y(I-1)

PROD = PROD + WSUM(I)®XDIFF(I)¥YSUM(I)¥*¥(XSUM(1)%¢5-CG)%*0e25
GO TO (20530940) sJUMBO

IF (ABS(PROD)eLEe(1e0}i) GO TO 40

SPROD = PROD
JUMBO = JUMBO + 1
PHIAX = 4005
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30 PHIAX = =PHIAX #* SPROD/(PROD - SPRQD)
JUMBO = JUMBO + 1
GO TO 10
40 RETURN
END
SUBROUTINE SIMPSON ( XIs XFs Ns Hs AREA)
DIMENSION H(101)
FN = N '
DELX ={(XF = XI) /Z(FN = 1)
1 SUM = 0,
2 K= (N-1) 7/ 2
3 D0 41 = 19K
4 SUM = SUM + be % H(2%I) 4+ 2¢%H(2%I=1 )
6 SUM = SUM = H(1l) + HI(N)
8 AREA = (DELX/3e) % SUM
10 RETURN
END
SCOPE
t LIBRARYs72
t LOAD
t RUN»55,3000
NIKE-TOMAHAWK © T=20 SEC M=7+85 Q=7780 PSF
«002 0.0 50 50 50
10305 0,000 «000 1240. 0.0
10 Oe. 000 800. '
10 l. ¢ 60 800,
10 5e 3400 720
10 Se 18400 . 800,
10 10 18400 800,
10 11l. 200 800
10 15. 2400 800
10 16 040 312
10 20. 0440 312
10 25 0440 312
10 30. 0e40 312

GO TO 10 '

7783
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*00¢
*007¢
°00¢
*00¢2
*00¢
*00¢
*00¢
*00¢
°00¢
*00¢
*002
*00c
*00¢
*00L
°008
*Z1l¢
*Z1¢
*Z1¢
*Z1e
*21¢
*Z1l¢
*Z1¢
*Z1¢
*Z1¢
*Z1¢
*Z1¢
*Z1¢
*Zte
*cle
*21¢€
°21¢
*Zle
*Z21¢
*21¢
*Z1¢
°Z1¢

g9°0
g9°0
00°*s
00°0T1
690
g9°0
€90
g9°*0
g9*0
00°01
00°0T1
00°T
00°1
09°0
09°0
0%°*0
0o%#°*0
o070
o%7*0
0%#°0
0%°*0
0%*0
o%°*0
0%7°0
0o%°0
o%°*0
o%°*0
0#%7°*0
o%7°*0
0%#°0
o%*0
0%7°*0
0%*0
0%*0
ARV
0%#°0

*691
*e91
*291
*191
°091
°9¢l
*gcl
°1al
*1cl
°06l1
*971
*gy1
*TH1
*o%l
*9¢el
ecel
*0¢el
*czl
*0cl
*G611l
*01l
*g0l
*00T
*96
*06
*sg
*08
*slL-
*0oL
*G9
*09
°Gg
*0¢
°GY
*0¥
*gg

01
0T
01
01
0T
0t
0T
01
01
01
0T
01
0T
01
Ot
01
01
01
01
0T
01
01
0T
0T
0T
01
01

01
01
0T
0T

01
0T
0T



10
10
10
10
10
10
10
10
10
10
10
10
10
10
10
10
10
99

170
175
180
183
184
185
186
189
190
192
195
198,
200
2020
205
208
2104

Oe
le
Qe
10e.
11l.
15.
140.
150
160
170«
180,
183
184
186
189
192
195
198

0e65
Qe 65
065
O0e55
124,00
12.00
080
256
Qe75
069
060
Oe54
050
Oe46
0440
0e¢l6
000

0.0
«72
72

505.
«72
«72
o 72
«80

lel2

1.70

2438

2663

3e74

4e61

545

625

671

6462

200,
200
200,
200,
200,
200,
200,
200,
200,
200,
200,
200,
200,
200,
200,

82

Q0.
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202
205
208
210,
71 05 21
71 05 21

5496
4455
285

0.0

BINARY *
BINARY * ¥
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APPENDIX E
THE SHOCK CODE

The SHOCK code calculates the dynamic response of a
structure modeled as a spring-mass system having one or two
degrees of freedom for each mass when subjected to specified
environments. The code determines the behavior of cach lumped
mass (displacement, velocity, and acceleration for each degree of
freedom) and the behavior of each spring or coupling (force, shear,
mement, and displacement) as a function of time.

The user has a large number of options for defining the
environment for a given problem, The options for describing the
load environments include transient conditions such as shock, blast,
initial velocities, and initial displacements, Also included are
options for describing steady~state 1oads, preloads, axial g-loads,
and maneuver loads.

Some of the more convenient features of the code include the
plotting of mass and spring behavior as a function of time; output of
minimum and maximum values of ac.:celerations, forces, shears,

and moments; output of a data input list with initial conditions; edits
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of dynamic response of all springs and masses at user~defined
increments; and ease of input. All standard input cards are read
using the same format, and, except for a few cases, are independent
of order. A complete description of this program is given in

Ref, 20,



APPENDIX F
THE ANALOG COMPUTER CIRCUIT
The analog computer used in this dissertation is an
Electronic Associates, Inc. Model EAI-680. It is a fully
expanded, solid state, 10-volt computer with logic and digital

capability. The analog computer circuit is shown in Figure 17,
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The Analog Computer Circuit
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